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Abptract

An experimental research program to define the
test flow at the exits of two sguare cross—
section, contoured facility nozzleg with nominal
exit Mach numbers of 4,7 and 6 is described, This
study provided detailed calibration data for the
NASA-Langley Arc¢-Heated Scramjet Test Facility
over a range of simulated flight conditions from
Mach 5.5 (at altitudes from 98,600 to 128,000 ft.)
to Mach 7 {at altitudes from 108,000 to 149,000
ft.). Distributions of pitct presgure, static
pressure, and total temperature were measured at
the nozzle exits over this range of test condi-
tions, These distributions of thermodynamic pro-
perties were used to calculate the distributions
of test flow Mach number and mass flow at the
nozzle exits, Contour maps of the thermodynamic
properties and the calculated guantities are pre-
sented, and an assessment is made of flow gquality
of square cross-section, contoured nozzles over a
nozzle exit Mach number range from 3.5 to 6
{simulated flight Mach numbers from 4 to 7).
Facility total mass flow, cbtained by integration
of the nozzle exit mass flow contours, compared
faverably to measured facility total mass flow.
The contour maps were also used to determine the
mass flow approaching the inlets of varicus scram-
jet engines.

Nomenclature

CR Scramjet engine contraction ratioj;
engine projected geometric capture
area yelative to engine minimum
cross section area

H Facility nozzle exit dimension
{(height and width)

h Test flow total enthalpy in the

tel facility plenum chamber
h - Total enthalpy corresponding to the
t simulated free stream flight condi-
tion
ﬁengine Portion of facility test flow which -
passes through the projected scram-
jet geometric capture area
ﬁtotal Total facility mass flow rate
M, Mach number at the nozzle exit simu-
Iating scramjet inlet Mach number
M Simulated free stream flight Mach
number
Py Static pressure at the nozzle exit
Py, 1 Test flow total pressure in the

facility plenum chamber

thesearch Scientist, Hypersonic Propulsion
Branch, High-Speed Aerodynamics bivision

t*Research Scientist, Hypersonic Propulsion
Branch, High-Speed Aerodynamics Division, Member
AIAR '
t1ttgenior Research Scientist, Hypersonic
Propulsion Branch, High-Speed Aerodynamics
bivision

Py, Measured pitot pressure at the exit
of the facility contoured nozzle

R Specific gas constant

Re1 Reynolds number per foot

T Static temperature at the nozzle
exit

Teore The mean value of all total tempera-
ture measurements obtained at
locations more than 2.5 inches from
the nozzle wall for a given test
condition

Tt,] Test flow total temperature in the
facility plenum chamber

Tt,z Measured total temperature at the
exit of the facility contoured
nozzle

u, Flow velocity at the nozzle exit

W Width of scramjet engine

Y Vertical nozzle coordinate

Y Ratic of specific heats

p Static density at the nozzle exit

-

Introduction

Development of airframe-integerated scramjet
(supersonic Epmbuation ramjet) technology
continues to progress at NASA's Langley Research
Center. fThe scramjet program focus is a fixed-
geometry, hydrogen-burning, advanced engine con-
cept (Fig. 1) that has heen shown to potentially
be a very efficient ?rgpulaion device at flight
speeds above Mach 4, ' The integrated design
uses the underside of the flight vehicle as part
of the propulsion system; i.e., the forebody pro-
vides aercdynamic precompression of the flow
entering the inlet, and the aft portion of the
vehicle is used as part of the nozzle expansion
surface,

Experimental work in support of this scramjet
concept includes inlet configuration tests,
direct~connect combustor tests, and subscale en-
gine tests., TInlet tests have been condgcted in
several langley aercdynamic facilities, 4 while
the direct-connect combustor tests have been
conducted in a vitiated air (hydrogen-combustion-
heated with oxygen replenishment) facility at
Langley {for example, see Refs. § and 6}. Scram-
jet engine tests at a simulated flight Mach number
of 4 have been conducted in combustion-heated air
facilities at the General Applied Science lLabora-
tories (GASL) and at Langley. ’ Engine tests at
a simulated flight Mach number of 7 have been
conducted in the GASL facility and in electric-
arc-heated air at the gangley Arc-Heated Scramjet
Test Facility {(AHSTF). Those tests served to
demconstrate the performance potential of the air-
frame-integrated scramjet engine concept, to indi-
cate areas of engine operation requiring further
research, and to define facility improvements
which would enhance future scramjet related re-
gsearch,

The engine test facilities are different from
most aerodynami¢ wind tunnels because the total



enthalpy corresponding to the flight Mach number
is duplicated, and tests are conducted at total
pressures corresponding to practical flight
altitudes. 1In addition, engine-airframe
integration effects such as vehicle bow shock
precompresgsion and boundary layer ingestion by the
scramjet are gimulated. To accomplish this, the
seramjet is mounted in the facility as shown in
Figure 2. The flight vehicle bow shock precom-
pression is simulated by testing at a tunnel Mach
nunber legss than the Mach number which corresponds
to the tunnel flow total enthalpy. Flight vehicle
boundary layer ingestion is partially simulated by
mounting the scramjet model so that the facility
nozzle boundary layer approaching the model top
surface is ingested.

The Langley Ar¢-Heated Scramjet Test Facility
has typically been referred to in previous litera-
ture as the Mach 7 Scramjet Test Facility.
However, the effort of References 10 and 11
expanded the teat capability to a range of Mach
numberas (from Mach 4.7 to Mach 7); therefore, the
early facility designation is no longer accurate
and implies a limitation (i.e., Mach 7 testing
only) which is no longer true, With the proper
facility contoured nozzles, a complete test pro-
gram over a range of Mach numbers could be accom-
plished without removing the model from the test
section. Therefore, two new facility contoured
nozzles, with nominal exit Mach numbers of 6 and
4,7, were desgigned and constructed, Both nozzles
had square cross-sections at all axial locations.
This square crogs-section design minimized surface
area for heat lossges in the throat region and,
compared to a rectangular throat, reduced the
effect of (and errors due to) the boundary layer
growth in the throat region.

The present study was conducted to calibrate
(i.e., define test flow thermodynamic conditions)
at the exits of the new Mach 6 and the Mach 4.7
nozzles, It was necessary to obtain a detailed
nozzle flow calibration because scramjet engine
performance iz based on the properties of the test
flow entering the inlet, and if these properties
are well defined, performance can be more accu-
rately determined. Note that the existence of a
boundary layer in the test flow is desirable for
tests of airframe-integrated scramjets because
this allows some simulation of the wehicle fore-
body boundary layer as outlined in Reference 1,

This report documents the calibration of both
the Mach & and Mach 4.7 nozzles, Nozzle exit
contour maps of measured thermodynamic properties,
calculated Mach number, and calculated mass flow
are presented. The contour maps are used to de-
termine the mass flow approaching the inlets of
various scramjet engines.

the Langley Arc-Heated Scramjet Yest Facility

The various components of the langley Arc-
Heated Scramjet Test Facility tunnel circuit are
ghown in Figure 3 and the facility is described in
detail in Reference 12, The primary purpose of
the facility is to provide a test flow with true
velocity, static temperature, and static pressure
over a simulated flight Mach number range from 4.7
to 7, so that the performance of hydrogen-burning
scramjet engines may be assessed.

A longitudinal section view of the electric
arc heater and the plenum chamber is shown in
Figure 4. The arc ig established between the
electrodes and, except for the termination re-
gions, is confined along the heater centerline by
the vortex flow of the main air stream, which is
purposely injected with a tangential velocity
{swirled in), The arc-heated air (total tempera-
ture approximately 8500°R) is mixed in the plenum
chamber with an unheated bypass airstream to form
a resultant test stream with the desired stagna-
tion conditions (1D000°R <T <4000°R; Pt 1 <660
psia). The bypass air is 1ﬁ3ected radially from
the plenum rirgs. This radial injection enhances
mixing and alsc helps to break up the swirl down-
atream of the arc heater to improve flow gquality
for engine testing. This test gas mixture is
expanded through a contoured nozzle into the test
section. The flow is then diffused to subsonic
velocity, cooled by an afterccoler, and exhauvsted
intc a vacuum sphere (Fig. 3).

Nozzle Calibration

Schematics of the Mach 6 and Mach 4.7 nozzles
are presented in Figure 5. These nozzles have
square cross-sections throughout; the exit plane
of the Mach 6 nozzle is 10,89 inches by 10,89
inches and the exit plane of the Mach 4.7 nozzle
is 11.174 inches by 11,174 inches, Nozzles of
this type (where there is contouring on all four
surfaces) have not been used in any previcus tests
at the AHSTF, Success in future engine tests
dictates a thorough knowledge of flow conditions
at the exits of these facility nozzles, fThis flow
definition redquired detailed measurements of pitot
pressure, static pressure, and total temperature
so that Mach number and mass flow per unit area
could be calculated and flow uniformity assesgsed.

Instrumentation

Rake surveys at the exits of both facility
contoured nozzles provided distributions of pitot
pressure, static pressure, and total temperature.
The survey probes used in this study are shown
schematically in Figure 6. Both the pitot pres-
sure probes and the static pressure probes were of
standard design. Since none of the probes were
water-cocoled, the pitot probes used in the Mach 6
nozzle calibration were of larger diameter to
withstand the higher heating rates. All probes
were constructed from steel, Iridium versus
Iridium/40 percent rhodium thermocouple probes
were used for surveys of the Mach 6 nozzle at test
conditions where the flow total temperature was
near Mach 7 simulated conditions (approximately
4000°R}. This probe was made of steel and also
coated with zirconium oxide to survive the high
temperature test conditions, Chromel-alumel
thermocouple probes were used for all surveys of
the Mach 4.7 nozzle. This probe design was
sufficient to withstand test conditions "1p to
simulated Mach 5.5 total temperatures
{approximately 2700°R).

Measured and Calculated Data

During this test program, nozzle exit flow
surveys were obtained for all of the test condi-
tions listed in Table 1. The contour maps of the
resultant measured properties and calculated flow



parameters are very similar for all test
conditiong explored for each nozzle. Therefore,
contours will only be presented here for the
nominal test condition for each nozzle, The
nominal test conditions are defined for the
precompression (M. < M) shown in Table 1 at the
lowest altitude simulation capability of the
facility. For the Mach 6 nozzle, this
corresponds to a total enthalpy of 1077 BTU/lbm
(calculated using a facility energy balance as
described in Ref, 12} and a facility tctal
pressure of 584 psia, For the Mach 4,7 nozzle,
this corresponds to a total enthalpy of 690
BTU/1lbm and a facility total pressure of 177 psia.

Measurements of pitot pressure, total
temperature, and static preszure were obtained
with the Mach 4.7 nozzle at the nominal test con-
dition. Measurements of pitot pressure and total
temperature were obtained with the Mach 6 nozzle
at the nominal test condition; however, instream
static pressures were not measured at thias condi-
tion because the uncecoled probes would not have
gurvived for the test time required for these
measurements to settle near equilibrium condi-
ticns. Instead, ratios of static-to-total pres-
sure measured at the exit of the Mach 6 nozzle at
a facility total temperature of 1100°R and a total
pressure of 325 psia were ugsed to estimate the
static pressure at the nominal Mach 6 condition,.
Wall static pressure axial distributions, which
were measured at all test conditions, showed that
the nozzle exit static pressure ratio at the nomi-
nal Mach 6 test condition (3960°R} was approxi-
mately 90 percent of the static pressure ratio
measurements obtained at a total temperature of
1100°R. This factor was used to correct the sta-
tic pressure data obtained at the lower total
temperature to the nominal test condition,

Measurements of total temperature at the high
temperatures and flow velocities involved in this
test program are difficult to obtain with reason-
able accuracy, since velocity, conduction, and
radiaticn errors can be significant. The thermo-~
couple temperature measurements were consistently
lower than the total temperature predicted by a
facility energy balance technique, Therefore the
measurements weré not used directly, but were
assumed to provide a gocd indication of the total
temperature distribution and thermal uniformity.
The measurements of total temperature were
normalized by the average core flow value (the
core flow value is the mean of all measurements
more than 2.5 inches from the nozzle wall). For
both nominal test conditions, the core flow value
was approximately 90 percent of the total
temperature predicted by the facility energy
balance,

The locations of data measurements of pitot
pressure for the Mach 6 nozzle at the nominal
condition is shown in Figure 7. This is typical
of the data measurement distributions cbtained for
all measurements With each nozzle, As shown by
this figure, more data was obtained in some re-
gions of the nozzle then others; this sparcity of
data could have yielded significant inaccuracy in
evaluation of flow uniformity or subsequent calecu-
lations of flow properties. However, by design,
the nozzles are symmetric around both the vertical
and horizontal centerlines (actually any line
passing through the nozzle centers). Profiles of

data (both horizontal and vertical) at constant
distance from the nozzle wall show good symmetry,
which indicates that the nozzle flow is symmetric
in all directions. Therefore, for analysis and
flow evaluation during this study, the flow is
assumed to be symmetrical around both the
horizontal and vertical planes and the measured
data were mirrored (reflected) around these
centerlines. After mirroring, data were specified
in the locations shown in Figure 7h. This allowed
a much more complete and accurate analysis because
distributions of flow properties were defined in
regions where measured data were sparce., Using
linear interpolation, evenly spaced data were
obtained on a 45 by 45 point grid {approximately
every 1/4 inch) for use in a contour plotting
computer program.

The mirrored data were alsc used to calculate
nozzle exit distributions of Mach number and mass
flow, Pitot pressure and total temperature were
determined at each calculation point by multi-
plying the pitot pressure ratic and total
temperature ratic by the appropriate nominal
facility stagnation condition (for the Mach &
nozzle, P = 584 psia and Ty = 3965°R, for the
Mach 4.7 ndzzle, P, = 177 psia’and T, = 2641°R}.
The static pressure at each point was determined
by multiplying the static pressure ratio (cor-
rected to the nominal test condition) by the
nominal facility stagnation pressure.

For both nczzles the Mach number wasg
calculated at each point using the local static
pressure and pitot pressure in the Rayleigh -

Pitot formula:
1
[

( : )
P /P, . =
17¢,2 eu12

The Mach number was calculated by iteration, since
91/13t , was the known quantity.
r

5/2

The calculation of unit mass flow rate for the
nominal Mach 6 condition, where the total
temperature was 3965°R, required modeling of a
test flow in thermodynamic non-equilibrum. fThis
was accomplished by developing a computer program
vhich modeled vibrational non-equilibrum flow by
incorporating a sudden freeze criteria as outlined
in Reference 13 and 14, along with the equations
of Reference 15 for molecular vibrational energy.
The equation determined from this analysis that
correlated mass flow as a function of local ther-
modynamic conditions near Mach 7 total enthalpy
i8;:

o,U
1 -
5 Y153 x 1074 4+ Looo235 (. /P, 2)1* (L1°°1
t,2 4 t, 1
with in sl 3 i
o] in slugs/ft~, Uy in ft/sec, Pt

in
bg/£t4, P, in lbf/ftz, and H, , in BTU/ig . This
expression is a curve fit of the calculations made
in this analysis which is considered to accurately
predict the flow condition at the exit of the Mach
6 nozzle with Mach 7 total enthalpy.

Calculations of mass flow rate distribution
for the Mach 4.7 nozzle were made with perfect gas
assumptions using local values of static pressure,
static temperature, and Mach number (as calculated
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in the previous section) and the following
equation:

1
Y 3 v 5lugs
p.u =p M, [ ] 72 22
Pt 11 °RT, cuft2
where Y = 1.4 2 3
R = 1716 ft“7s“%r

and p is in slugs/ft3, U, is in ft/s, P1 is in
lbe/ft®, and T, is in °R.

Norxle Exit Flow Contours

Contour maps of measured data and calculated
parameters are presented in Figure 8§ for the Mach
6 nozzle and Figure 9 for the Mach 4.7 nozzle.

All pitot and static pressure data are normalized
by facility stagnation pressure {in the plenum
chamber) and total temperature is normalized by
the core value as explained earlier. These nozzle
exit contours show lines of constant flow para-
meters. The numerical change in flow parameters
ig the same between each adjacent line (contour};
therefore, A concentration of contours indicates a
region of higher flow gradients. Significant
gradients of all flow parameters exist across the
exits of both nozzles. However, the gradients are
more severe at the exit of the Mach & nozzle.

This is emphasized by the centerline profiles of
various flow parameters shown for the Mach 6 and
Mach 4.7 nogzles in Figures 10 and %1, respective-
ly. As indicated by the contour maps {(Figs. B and
9), these centerline profiles involve the greatest
degree of non-uniformity of any horizontal (or
vertical) profile. 1In the Mach 6 nozzle, gra-
dients exist almost 3 inches from the nozzle side-
walls. However, a uniform core is reached in the
Mach 4.7 nozzle in less than half that distance.

Although the measured data and the respective
contours and centerline profiles of flow proper-
ties indicate significant gradients in flow pro-
perties across the nozzle exits, the flow quality
for the test conditions explored is considered to
be of sufficient uniformity for subscale engine
testing for two reasons. First, for airframe-
integrated scramjet engine testing, an important
part of simulation of a flight condition is inges-
tion of the non-uniform nozzle top surface air
flow to simulate the ingeation of the non-uniform
flow generated by the vehicle forebody which is an
inherent part of the degsign. Therefore the
existence of test flow non-uniformity is neces-
sary, and, properly defining this flow (which was
done in this study for all test conditions of
interest) allows ¢orrect interpretation of the
performance results, Second, all contours and
centerline profiles of both measured and calcu-
lated parameters show that testing would be pos-
gible in essentially uniform flow if the engine
was centered in the nozzle exit plane. Therefore,
testing with and without ingestion of the nozzle
top surface flow can be used to infer the relative
importance of non-uniform flow in engine testing.

Mach number profiles at the nozzle centerline
of the two nozzles tested during this study are
compared with the Mach number distribution from a
similar, square cross-section contoured nozzle
{Ref. 16) with an exit Mach number of 3.5
('1‘t 4 = 1630°R, P, . = 92 psia) in Figure 12.
This figure, along'with comparizon of Figures 10
and 11, indicates that the uniformity of flow

parameters from these sguare cross-gegtional
nozzles may diminish with increasing nozzle exit
Mach number. The distribution of flow parameters
obtained in this calibration study could be to
some extent facility-related or dependent on other
parameters such as Reynolds number that vary be-
tween the test conditions; therefore, the differ-
ences may not be completely inherent in the nozzle
design. Further definition and understanding of
the flow quality from this type of nozzle should
be pursued with computational fluid dynamics (CFD).

Mass Plow Rate Integration

The unit magss flow rate contours, Figures Be
and 9e, were integrated across the nozzle exit
plane to determine total facility mass flow rate,
These results for the nominal test conditions {and
for all other cases shown in Table t) are compared
in Figure 13 with values of total facility mass
flow rate as measured with ASME nozzles and tur-
bine flowmeters. The agreement lends credence to
the accuracy of the mass flow measurements at the
exits of the neozzles,

In order to properly assess scramjet engine
performance data, it is necegsary to accurately
determine the air mass flow that passes through
the engine. This captured air mass flow is typi-
cally correlated as a product of two quantities,
The first is the total mass flow that is approach-
irgg the engine {i,e, passes through the cross
sectional plane defined by the height and width of
the model}). The second qguantity is the percentage
of that total mass flow (approaching the engine)
that actually enters and passes through the
engine, this guantity is referred to as the engine
percent capture. The cross sectional dimensions
of the current sceramjet engine mode) (i.e., per-
pendicular to the test flow direction) are a
height of 7.2 inches and width of 7.2 inches or
less, The width of the current model is actually
a variable and is a function of gseramjet engine
model contraction ratio (CR)., ‘The nominal loca-—
tion of the model relative to the nozzle exit
plane is outlined in Figure 14 as a function of
CR. During this study the flow properties (i.e.,
thermodynamic and calculated) were determined
acrogss the entire nozzle exit, including the
region where the engine is located, and the
percent of the total facility mass flow approach-
ing the engine for each test case of interest was
defined, Figure 15 specifies this mass flow
approaching the engine as a function of the total
facility mass flow for the nominal test condi-
tiong, fThese values are significantly higher
(more than 15 percent) than the corresponding
ratios of projected scramjet area to nozzle exit
areas (for both nozzles} because of the higher
mass flow rates near the center of each nozzle
compared to near the walla., In addition to the
mass flow approaching the engine, as shown in
Figure 15, the engine percent capture is also
needed to specify the actual mass flow through the
engine for accurate correlation of performance
data. The percent capture can be determined for
an inlet configuration of interest either experi-
mentally or computationally using the distribution
of flow properties determined in this study as an
upstream boundary condition. Determination of
percent capture for various inlets was not a
subject of the current study.



Conclading Remarks

This study provided a detailed test flow
calibration of the NASA Langley Arc-Heated
Scramjet Test Facility over a range of simulated
flight conditions from Mach 5.5 {at altitudes from
98,600 to 128,000 ft.) to Mach 7 {(at altitudes
from 108,000 to 149,000 ft,). Specifically, the
test flow was defined at the exit of two square
cross-section, contoured facility nozzles with
exit Mach numbers of 4.7 and 6. Distributions of
pitot preassure, static pressure, and total tem-
perature were measured for facility conditions of
interest for testing of subscale scramjet engine
models. These measurements were used to calculate
corresponding distributions of Mach number and
mass flow. Contour maps of measured and calcu-
lated properties were presented for nominal test
conditions {lowest altitude simulation for each
nozzle) as examples; these were representative of
the results obtained for all test conditions,
These distributions indicated that the flow
uniforpity is sufficient for scramjet engine
testing and permitted the definition of Mach num-
ber and mass flow rate approaching scramjet inlets
to enable accurate correlation and interpretation
of subsequent test results,
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Table 1: TEST CONDITIONS

MACH 6 NOZZLE

Simulated -
. .
M Altitude by (TE;J T, . (°R} Pet Seoem R /ft
(£t) {psia) (1bm/s)
7 149,000 1232 4470 118 1,200 1.41 % 10°
7 123,000 1138 4155 310 3,300 3.71 x 10°
7+ 108,000 1077 3965 584 6.330 7.0 x 10°
- - 264 1100 325 6.820 2.24 x 10°
MACH 4.7 NOZZLE
Simulated —
r———— o -}
M_ Altitude he s G T,y (°R) Poot ®ioeal Ry (/ft
(ft) {psia) (lbm/s)
5.5 128,000 755 2859 a8 2.250 3.5 x 108
5.5 106,000 701 2679 125 5.93 8.5 x 10°
5,5% 98,600 690 2641 177 8,460 1.15 x 10°
_— - 264 1100 100 7.620 2.0 x 1068

*Nominal Test Conditions
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Fig. 3 - Elevation view of the Arc-Heated Scramjet Fig. 6 - Flow measurement probes.

Test Facility (AHSTF).
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(b} Total temperature ratio.
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{c) Static pressure ratio.
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{d) Mach number.

(e) Mass flow _rate ger unit area.
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Fig. 9 - Flow parameter contours at the exit of
the Mach 4.7 nozzle.
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Fig. 10 - Centerline profiles of flow parameters
for the Mach 6 nozzle (nominal test
conpdition).
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Fig. 11 - Centerline profiles of flow parameters
for the Mach 4.7 nozzle {(nominal test
condition).
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Fig., 12 - Comparison of centerline Mach number
profiles for three square cross section

contoured nozzles.
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Fig. t3 - Integrated versus measured facility air
mass flow rate.
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Fig. 15 - Fraction of facility air mass flow rate
approaching scramjet engine.

6



