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Abstract

Modifications to a 20-megawatt arc-~heated facil-
ity for testing a hydrogen-burning, airirame-~
integratable, subscale, scramjet model are described,
Arc-heated flow is mixed with unheated air to fur—
nish a test flow duplicating Mach 7 flight. (Stag-
nation temperature is 2220° K.) Modifications to
the commercially available heater to improve surviv-
ability and smoothness are described. Pitot profiles
show uniform flow and a slightly thinner nozzle
boundary layer than predicted. Comparison of the
tunnel boundary laver, which will be ingested by the
engine model, with the boundary layer that a flight
engine mighe ingest from its vehicle forebody shows
a difference in the density distribution through
the boundary layer. Calculations of wall heating
and transient wall temperatures of the engine model
show that for a 30+sec bhurn, the heat sink model
requires cooling at selected locations to avoid
thermal-stress, cycle-life problems. Model perform~
ance predictions show that fuel equivalence ratio
and nozzle exit area both have large effects on
thrust. Average inlet entrance Mach number (as
affected by boundary-laver ingestion} has little
effect on thrust.
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Introduction

The hydrogen-fueled scramjet engine, when inte-—
grated into an aircraft design, promises significant
advances in performance, efficlency, and payload
capability for future aircraft. Applications exist
in space, military, and commercial fields. The
design concept which uses the aircraft fuselage to
process the ailr entering and leaving the engine,
Figure 1, tends to maximize thrust per square foot
of capture area with low external drag. Figure 1
shows an integrated engine-airframe design concept
in the upper part of the figure. Modularization of
the engine will ease ground test facility require-
ments and resuits of several analysesl“ show this
design concept offers advantages in many important
WaYS.

At NASA Tangley Research Center there is a
research effort directed toward developing the tech-
nolegy for a fixed-geometry, hydrogen-burning, scram-
jet engine module suitable for the integrated
engine-airframe configuration. In addition to baszic
fiuid mechanic and combustion research,5 engine
component research,6=? and structural research,8
subscale aerothermal tests of the scramjet configu-~
ration are needed as an economical and expeditious
approach to evaluate interactions between components,
to refine the engine design, and to provide convine—
ing performance data.

The subscale engine testing requires a facility
which provides duplication of the temperature or
energy content of the ailr as well as Mach number and
altitude, and the test section must be sufficiently
large to accommodate an engine model large enough
for meaningful design detail (so that fuel injection
geometry, combustion, and mixing lengths will have
meaning in terms of practical sized engines}. The
facilities which exist in the United States with



this capability are relatively few. For example,
the Air Feorce Airbreathing Propulsion Test Unit
(APTEY at Arnold Engineering Development (enter,
Tullahoma, Tenn., the Marquardt Test Cell Neo. 8 at
van Nuys, Calif., and the NASA Hypersonic Propulsion
Facility at the Plumbrock Station of Lewis Research
Center {(closed June 1974) provide the size and high—
temperature air capability, but testing in these
research facilities is expensive for the kingd of
smali-scale, research-oriented, configuration devel-
opment needed in the early stages of the angine
technoiogy development program. Other smaller
facilities such as those located at General Applied
Sclence Laboratories, Weatbury, New York, and the
Applied Physics Laboratory, Silver Spring, Maryland,
are also capable of adaptation to subscale, engine
module testing of the integratable configuration.

To supply the faciliry need for the subscale
research~oriented engine tests, an existing electrie~
arc—heated facility at Langley has heen modified
with design specifications required for the subscale
engine tests of an integratable scramjet configura-
tion under cenditions duplicating Mach 7 flight.
These tests are envisioned as only aerothermodynamic
in purpose {(not regeneratively cooled structures)
and will use models designed as simply as possible,
The models, using largely heat-sink materials, will
permit econemical configuration changes necessary
for finalization of the engine dntermal contours and
fuel injection schemes before fabrication of an
engine with a more expensive flight-weight structure.
The HABA Hypersonic Research Engine Project? signifi-
cantly advanced fabrication technoleogy and much of
this technology will be applicable to the struectural
design of the final engine configuration when the
aercthermal technology of the integratable configu-
ration is more firmly established.

This report documents the considerations and
analyses that influenced the design of the modified
facility, presents preliminary data obtained on flow
calibratdon and arc-heater performance, discusses
some of the operating problems encountered, and
describes model design, ingtrumentation, and pre-
dicted acramjet performance,

Simularion Capability

Tunnel Power-Size Considerations

in order to make tests duplicating Mach 7
flight, the stagnation temperature of the air must
be 22207 R (400G° R). Electric~arc~heating fur~
nishes more than adequate air temperatures, but the
problem with thelr use consists of furnishing suffi-
cient power to the tunmel airstream to provide a
facility with adequate size and low encugh altitude
simelation. Figure 2 shows power in the airstreanm
as a function of throat area. The power supply for
this facility has a 20-megawatt capacity but con-
sidering are-heater efficiency and the need for
ballast resistance in the circuit, the power acteally
put into the air is in the 5~ to 7-megawatt range.
The 0,272« by 0,5305-meter {10.7- by 12~in.) nozzle
exit size shown on Figure 2 represents the size
attainable if the flow is expanded to Mach 6.
Aliowance for trummel boundary-laver displacement
thickness is included. The facility is designed
with a Mach 6 nozzle but with Mach 7 energy duplica~
tion since the bow shock from a vehicle flving at
Mach 7 would typically reduce the loczl flow Mach
mumber to about 6 just ahead of the scramjet inlet.
The effective size of the nozzle exit can be

increased to some extent by a cold shroud flow
technique, described later in the report, but
Figure 7 indicates the severe power limitations on
facility size and altitude simulation for a 2220° K
alrstresm.

The effect of tunnel stagnation temperature
and pressure oun the dypamic pressure, g, duplicated
in the facility is shown in Figure 3. The solid
lines denote the dynamic pressure of the flow enter—
ing the engine and the dashed lines show correspond-
ing equivalent values which would exist ahead of
the vehicle bow shock assuming the shock strength
to be that required to reduce the Mach number from
7 to 6. At present, the facility is undergoing
shakedown tests and operation has been confined to
30 atm stagnation pressure, where the equivalent
flight dynamic pressure is from 450 to 300 psf,
Typical flight operating gq-values are from 300 to
1500 psf so the tunnel duplicates oaly those inm the
low range. This limitation, of course, represents
4 degign compromise between maximizing g~value and
maximizing tunnel size for a given amount of power
available. Low g, or high altitude, represents
the more difficult engine operating conditions
aerodynamically, so testing at these conditricns
provides a critical assessment of engine
performance.

Scramjet Ignition and Reaction Length Considerations

At high-altitude conditions, one concern is the
ignition and reaction time of the fuel which, in
turn, influences scramjet combustor length. Gener—
ally, the length for complete reaction is a function
of the rate of mixing of hydrogen and air and
chemical reaction rates are gufficiently fasr that
they have only a small effect on combustor length.
That is, combustion is diffusion controlled and
mixing dominates the criterion for scramjet combus~
tor length. The subscale engine tests will not only
be at a low g-value but the scale is about one-third
to one-hall that of an aircraft engine sized for a
research airplane so minimizing ignition delay and
reaction length is eapecially important for proper
interpretation of results. Mixing Tength of fuel
and air should scale, however, if combustion rate
were dominated by chemical reaction time it would
not scale.

Empirical formulae arve availablelU for eatimat-~
ing dgnition delay time, however, the problem with
trying to assess its Ilmportance on combustor length
in the present geometry involves a complex, three-
dimensional fleow situstion. The local velocities
for the tramsverse injection case (behind a step)
are influenced by wakes, vortices, boundary lavers,
and shocks in the combustor entrance region and are
not amenable to accurate prediction,

A precedent exists for successful tests of a
subscale scramjet engine with a2 cireular crogs—
gection configuration (9-in. diam},lz 8o there is a
etrong basis for expecting that the ignition delay
problem will not override other considerations and
that the data can be properly interpreted. For
example, the measure of the heat release along the
scramjet model is a major ohjective of the rests
and interpretation of these results can signify the
impertance of ignition delay.



Facility Components

An existing electric-arc-~heater facility,
formerly used for entry-oriented research was modi-
tied to conduct tests on the hydrogen-burning scram-
jet model. Existing equipment being used consists
of high-pressure air storage (5000 psi), 20~mega~
watt de power supply, high-pressure water cooling,
test cabin and model injection apparatus, diffuser,
aftercooler, 100-ft-diam vacuum sphere, control
instrumentation, and magnetic tape data read-out
gystem, New equipment required for the modification
included an arc heater and plenum chamber, nozzle,
hydrogen system for model fuel, steam ejector for
evacuating sphere, and modification to air controls.
A photograph of the arc heater, nozzle, and test
cabin is shown in Figure 4.

Arc Heater and Plenum Chamber

The commercially available Huels type are
heater, Figure 5, was designed to operate at pres-—
sures up to 40 atm, Compatibility with the existing
power supply was a large factor in selection of this
heater. The existing power supply with silicon
diode rectifiers is rated for 8000 volts to ground.
The heater is operated with one electrode typically
as high as 6000 volis above ground and the other
electrode as much as 6000 volts below ground.

Design performance at the heater exit (before mixing)
is 30 atm stagnation pressure and an enthalpy level
of 10 megajoules/kg (4300 Bru/lb) with 0.726 kg/sec
(1.6 lb/sec) through the heater.

Just downstream of the heater is a plenum cham-—
ber where the arc-heated air is mixed with
1.542 kg/sec (3.4 1b/sec) of unheated air. This
mixing concept provides a high mass flow and still
allows the arc heater to operate at the higher tem-
peratures for which operating experience exists.
The design objective of the mixing chamber is to
produce a flow at the exit of the chamber (nozzle
threat entrance} with a uniform pressure and temper—
ature but with minimum heat loss to the walls. The
plenum chamber, designed by Linde Division of Union
Carbide Corp., was patterned after a short mixing
chamber for which successful tests had been made.lZ

The upstream end of the mixing chamber, Fig-
ure 53, consists of three rings, forming a divergent
conical section. On both upstrean and downstream
faces of the middle ring are 12 sonic jets each,
whick direct the uphesated air radially toward the
center where 1t mixes with axially directed, arc-
heated flow. £lectrical insulation hetween the
three rings insulates the arc-heater electrode from
the tunnel nozzle.

Nozzle and Test Cabin

The facility nozzle, Figure &, has a peripheral,
unheated supersenic flow around three sides of the
arc~heated Mach 6 flow. This unheated flow forms a
0.133~meter (5.25-in.) thick flow at Mach number 3.6
on the bottom and two sides of the hot Mach 6 flow
which opens the nozzle exit size to §.40 by 0.44
meter {15.73 by 17.25 in.). The stagnation pressure
of the peripheral unheated flow is adjusted so that
the static pressure at the nozzle exit matches that
of the high-temperature, Mach 6 flow. This opera-
tional technique minimizes the disturbance originat-
ing at the junction of the hot and cold flow bound-
aries. Except for relatively large downstream cowl

lacations en the engine model, this disturbance
should not enter the engine. Because of the paral~
lel exterior sidewalls of the engine, nonuniformi-
ties in the flow that do not enter the engine inlet
will not affect drag and thrust measurements. The
peripheral unheated supersonic flow serves three
purposes, {1) allows somewhat larger model size,
{2) dilutes any unburned hydrogen that might
exhaust from the engine model so that there is no
danger of combustion in the tunnel diffuser ducting,
and (3) eliminates downstream tuanel wall cooling
prohlems.

The ingert in the upper left of Figure 6
illustrates how nozzle extension plates will be
added to minimize the drag from stray eddy currents
that might impinge on struts, instrumentation leads,
and hydrogen lines that extend above the upper moadel
surface. Forces arising from this effect should be
small but will be investigated early in the engine
test series to determine the need for the upper
surface nozzle extension. Since the test cahin
static pressure will generally be higher than nozzle
exit pressure, the need for sealing the gap between
the upper surface leading edge of the model and the
tunnel nozzle upper surface will be investigated in
early engine model tests. This gap sealing can be
accomplished with minimum tare lcoad on the axial
force balance by either a spring-loaded plate or a
plastic or rubber shield.

Hydrogen System and Vacuum Sphere

Gaseous hydrogen for model fuel is piped
through 0.0063-meter (1/4-in.} diameter tubing from
remotely located trailers to a high~pressure vessel
on the rocf of the building directiy above the
facility. This vessel, when pressurized to 136 atm,
contains 9.07 Kgm {20 1b) of hydrogen, which is
enough hydrogen for two or three tests, after which
it is recharged from the trailers. The hydrogen
flow control valves, also located on the roof, are
remotely operated in the facility control room.
Safety features incorpovated in the facility include
no joiants in the hydrogen line between the roof and
its entry into the test cabin, a ventilation hatch
in the roof above the test cabim, two hydrogen
detectors in the test room, and one detector in the
vacuum sphere into which the tunnel exhausts.

Hydrogen flow to the model is 0.059 Kgm/sec
(0.13 1b/sec) at ¢ = 2. Airflow through the tunnal
is approximately 9.07 Kgm/sec (20 lb/sec). In spite
of the relatively low hydrogen flow rate, there was
concern for the safety aspects of unburned hydrogen
exhausting into the 30.5-meter (100 £t) diam vacuum
sphere. Convincing evidence of the safety of this
feature is shown in Figure 7 and illustrates one
advantage of the large sphere size. If the entire
9.07 Kgm (20 1b) of hydrogen from the pressure
vessel on the roof is exhausted into the sphere when
it is completely evacuated, it would raise the pres—
sure ounly by the small amount shown on Figure 7 at
the extreme left where the concentration is L00Z.
Adding air to the sphere raises the pressure and
decreases hydrogen concentration. In the concentra—
tion range where burnipng can occur, the pPressure
rise due fo buraming is shown by the cross—hatched
area on Figure 7. TFigure 7 shows that pressures in
the sphere cannot exceed 0.4 atm even with combuga-—
tion of the entire contents of the hydrogen in the
pressure vessel on the roof. No condition is fore-
seen where the entire 9.07 Xgm (20 1b) of hydrogen



will find its way into the spheve, but the calculaw
tions for this extreme case illustrate the lack of
any hazardous condition arising from hydrogen in
the sphere.

Detonations in the sphere could cause much
higher pressures than shown on Figure 7, however,
detenations from a spark source canmot be made to
occur in 2 spherical geometry for hvdrogen—air
mixtures. '3 For the case of hydrogen-oxvgen mix-
tures, the experiments of Reference 13 indicate that
the effect of nitrogen dilution of a hydrogen—-oxygen
mixture is to decrease its limits of detonability so
that if more than 40% nitrogen (by volume) is pres-
ent in the hydrogen-oxyvgen-nitrogen mixture, then
detonation will not occur. These experiments were
conducted at I atm by use of balleons, but similar
effects should result at the reduced pressures in
the 30.5-meter (100-ft) diam vacuum sphere,

Arc-Heater Performance and Operating Problems

Although
test facility

the arc heater selected for the scramjet
is a design that has been extensively
developed and successfully used in a number of
applications, there have been operating problems
while attempting to make the facility fully operas-
tional. Every arc heater when coupled with a partic-
ular power supply has some unique characteristics.
Inicial tests with the heater were reasonably suc—
cessful except that at the end of each run, the
O-ring at the downstream end of the downstream
electrode failed, Figures 5 and 8. Apparently, the
hot tip of the electrode was dragged back across to
the O-ring when the electrode contracted after its
thermal expansion during the run. This could have
been tolerated, except that in later runs an exces—
sively long arc created more severe problems. In

one yun, the arc fired all the way to the nozzle
throat section gouging a large indentatiocn. Increas—
ing the current in the downstream coil from 700 to
850 amps in order to strengthen the magnetic field,
which causes the end of the arc to rotate and tends
to block the arc from its excessively long excur-
siong, did not cure the problem. Therefore ancther
solution te the problem appeared NeCessarY.

The cause of the situation which sometimes pro~-
duces a good run and sometimes an excessively long
arc is believed to be the lack of good electrical
contact between the housing in the region of rhe
problem O-ring and the downstream tip of the elec~
trede, Figure §. If this contact is good, then the
major portion of the current flows into the down-
stream tip of the electrode, along the electrode in
the upstream direction, thrvough the arc termination
region and up the center of the tube through the
long arc. There are no adjacent paraliel current
paths in this desirable situation. On the other
hand, 1f the electrical contact is poor at the down-
stream tip of the electrede, then the major portion
cf the current flows along the electrode from the
dpstresm o the downstream direction, across the arc
termination region, and back up the center of the
tube zlong the arc. This produces two adjacent
parallel paths of current with the flow in opposite
directions and is analogous to the effect produced
when an arc is struck between two rails. In this
case, the concentration of the self-induced magnetic
tield intensity between the rails causes a curvature
of the arc and pushes the ar along the rails. In
the actual arc-heater configuration, the tubular
electrode might be considered as one rail and the

long ave column, located aleng the center of the
tube might be considered as the other rail. For
the large currents (%2000 amps) carried by the arc
and the electrode, the force driving the arc can be
large.

In order to avoid the extra force tending to
lengthen the are due to parallel current paths, the
downstream region of the heater was medified to
agsure & path for the electrical current in the
upstream direction. Eight small pieces of flat
braided cable, as used for ground wiring, were
fastened to the front housing and soft soldered to
the exterior surface of the downstream electrode
about 0.07 meter from the end. These flat braided
cables were sufficiently flexible to withstand the
thermal expansion and contraction of the electrode.
The cables are immersed in the water passage, but
experience so far has indicated no appreciable
decrease in cooling flow rate and no hot spots.

The heater is presently performing satisfactorily
but more coperating experience is needed to conclude
if the modification which eliminates the parailel
current paths has cured all arc-heater operating
problems. Since the wodification, the O-ring has
survived each time but tegt durations have been
limited to about 10 sec. Improvement inm the steadi~
ness of the flow through the heater has been another
benefit of the modification to the heater. Figure 9
shows the time histories of the arc volrage, arc
current, stagnation pressure, and total enthalpy of
the flow entering the rhroat. So0lid curves are for
an early run before modifying the heater, and

dashed curves are data ohtained from a run affer the
modification. These data were recorded on a nag-
netic tape and printed every 0.2 sec. The dashed
curves are noticeably smoother; in fact, the
enthalpy curve before modification is so irregular
that its accuracy is doubtful, whereas the enthalpy
curve after moedification is smoother and more
accurate. According to the bulk enthalpy measure-
ments shown on Figure 9, which were determined from
measurement ¢f input power and heat loss te the
cooling water, the enthalpy entering the throat is
very close to the desired value of 2.55 megajoules/
Kg (1100 Bru/1lb) for the data cbrained aftrer modi-~
fying the heater. Planned additional fests will
inciude measurements in the test flow of stagnation~
polnt heating from which enthalpy profiles will be
inferred.

2k Flow

Nogzie Design

Much of the analvsis related to the design of
the nozzle for the facility and to the downstream
extent of mixdng between the hot and cold flow has
been previously reported.i%4 The two-dimensional
Mach 6 nozzle was designed using the method of
characteristics theary.l5 #lthough chemistry
eXfects are minor for the relatively low stagnation
temperature, 2220% K, the analysis considered frozen
chemistry. Thie is a reasonable assumption since
quasi-one-dimensional calculations have shown cthat
the chemical compesition of air is esgentially
frozen very early in the nozzle expansion. 0  Soly-
tions of nonsimilar lamipar and turbulent boundary-
layer equations including multicomponent reacting
gases and transverse curvature effects were used in
the boundary-layer flow analysis. The system of
equations describing the boundary-layer analysigl?
and the corresponding FORTRAN programl® assume local




chemical eguilibrium conditions. The pressure dige~
tributions along the nozzle calculated from Refer-
ence 15 were used as input in the boundary-laver
analysis. Displacement thickness was calculated

and the nozzle ordinates increased to allow for dis-
placement thickness, Boundary-laver transition from
lamipar te turbulent flow was assumed to occur at a
value of Reg of 600, This accurs just downstream
of the throat where there is a steep gradient in

Res with downstream distance., Consequently, the
boundary~layer analysis should be insensitive to the
value of Rep chosen even if it were two to three
times higher.

FPlow Measurements

Te date the only flow measurements which have
been made are a few prelimipary pitot profiles,
Figure 10. The measurements shown in Figure 10 were
made during shakedown testing of the arc heater and
do not represent exact design operating conditions,
For the data shown in this figure, the static pres-
sures of the hot inner flow and the unheated periph-
eral flow were not matched. The exit pressures
being unmatched should not affect profiles of the
hot flow just downstream of the exit; results of
Figure 10 {circular symbols) show this te be true
since the profile is relatively flat. The Mach num-
ber as determined from PT2/PT is slightly higher

than the design value of 6. As indicated by the
maximum pressure on the flat portion of the experi-
mental and theoretical curves on Figure 14, the test
Mach number is 6.2. The theory curve represents a
prediction of pressuves through the boundary layer
uging the method of Reference 18, Also, the pitot
measurements in the profile, although limited for
good boundary-layer analysis, indicate that the
tunnel boundary layer is thipner than predicted
which would tend to account for the higher Mach
number .

The square symbols in Figure 10 show the pitet
profile 0.33 meter downstream of the nozzle exit and
the effect of the mismatch in static pressure between
the hot and the unheated flow is evident. There is
a high pitot pressure value at v = 0.23 meter that
indicates a disturbance presumably originating at
the junction of the hot and unheated flows. Since
the static pressure of the peripheral flow was not
matched to the hot flow, this disturbance should be
expected.

Some of the experimental downstream pitot pro-
files have shown a disturbance originating at the
top of the hot flow nozzle which is caused by too
hkigh an ambient pressure in the test cabin., Fig-
ure 10 deoes not show this disturbance, possibly
becauge the pitot tube spacing is too large in the
region near the top of the pozzle. In any case,
this disturbance will be eliminated by the use of a
seal between the leading edge of the upper surface
of the engine model and the top surface of the nosz-
zle exit (see Fig. 6}.

The vcalibration of the flow is obviously incom-
plete at this time. A water-ccoled rake for measur—
ing stagnation-point heating at the same locations
for which pitot measurements are being made will be
used to infer the local enthalpy prefile in the
stream. Also, gas samples of the flow will be col-
lected and analyzed in order to determine the WO
concentration in the stream. Previous arc~heater
experience has shown typical N0 concentration of

2% to 3%. Finally, a wedge duplicating one engine
sidewall has been constructed and instrumented with
a vow of heat-transfer gages in order to determine
where boundary-layer transition cccurs. Fully tur-
bulent flow is required at the combustor entrance
region of the model because of shock~boundary-layer
interaction phenomena and the wedge tests will
determine if roughness strips are needed and allow
experimentation with roughness strips. Since Reg
is predicted to be about 1000 at the inlet exit
location of the model, fully turbulent flow might
be realized without roughness strips.

Engine Boundarv-Layer Ingestion

The engine model in the facility ingests the
boundary layer from along the top contoured surface
of the het flow nozzle. On a flight vehicle, an
integratred scramjet will ingest the boundary layer
from the undersurface of the fuselage ahead of the
engine. These two boundary layers will gemerally
net be identical so some exploratory calculations
have been made to assess the type and magnitude of
the effect that might result from lack of perfect
simulation of the boundary-layer ingestion phenome-
non. The exploratory calculations of the tunpel and
flight vehicle boundary layers are not exactly com~
parable but are sufficiently close to the same
flight conditions that their comparison is
informative.

The boundary-layer calculations for the flight
vehicle were for one of the forebody contours being
considered for the X24C research airplane, Figure 11.
The calculated inviscid pressure distribution, along
the center~line forebody surface of this vehicle was
used to caleulate a two-dimensional boundary layer
using the program of Reference 18, Velocity pro-
files and pU profiles of the tunnel and flight
vehicle boundary layers are shown im Figure 11.
flight vehicle boundary-layer profile is for a
station 8.89 meters (350 in.) from the nose, which
is in the neighborhood of the expected engine inlet
location. The flight condition for the wvehicle
boundary layer corresponds to the X240 airplane
flying at o= 7° at Mach number 7.8. The static
pressures in the region of the inlet for the flight
veiricle are about 0.0137 atm (29 psf} and local Mach
numbers in this regiom are about 6.3. For the tun—
nel, the calculations are based on a Mach number at
the nozzle exit (engine inlet Iocation) of 6 and a
stream static pressure of 0.0146 atm (31 psf). The
boundary-layer profiles shown in Figure 11 are thus
for approximately similar conditions. The vertical
distance from the surface, ¥/he, is nondimensional-
ized by the engine capture height. The value of
h, wused for the tunnel boundary-layer calculations
was €.203 meter (8 in.) and the value for the X240
vehicle used in the calculations was 0.457 meter
(18 in.}. This latter value is only a tentative
number since the size of scramjet engine that might
be used on this vehicle is not presently finalized.
In any case, Figure 11 shows that the tunnel
boundary-laver displacement thickness is consider—
ably thinner in proportion te the engine height than
a flight vehicle boundary layer. The parameter,
6*/h., is approximately one-half that which might be
realized on a flight vehicle. Considered another
way, the proportion of tunnel bhoundary-laver dis—
placement to capture height would be such as to
approximately simulate a 0.914-meter {36-in.) high
engine on a flight vehicle, The large difference
in &é*/h. is due principally to the difference in

The



the variation of pU  through the boundary laver in
the twoe cases. In terms of the ratic of total
thickness to engine capture height, the tunsel and
ght boundary layvers are approximately equal.

o

The low values of for the X24C boundary

¢ U
T T _
layer, and only mederately higher values of

u.

2 Ua‘)
indicate that the mementum, 407, in the X240 hound-
ary layer for this particular forward fuselage shape
is lower than the momentum in the tunnel boundary
layer. This implies a nonconservative test since a
scramjet might encounter boundary-laver separation
problems in flight and not in the tunnel.

The X24C forebody shape chosen for this compar-
ison 1is not finalized and the U distribution
through the boundary laver is highly sensitive to
the forebody shape, s0 the preceding comparison
should be considered as only a preliminary assessw
ment of the simulation capability of the tunnel
regarding the boundary-layver ingestion problem. It
will be shown in a later section of this report that
boundary-layer ingestion has only a minor effect on
engine thrust.

Subscale Scramijet Model

The subscale scramjet model which will undergo
the first series of tests in the facility is com-
pleted and is sheown in Figure 12. The 0.203-meter-
high medel is about one-third to one—half the scale
of an engine that might be used on a research air-
craft. The scramjet model is instrumented to meas-—
ure pressures, temperatures, heating rates, and
engine thrust., It is also designed to allow substi-
tution of components which vary the internal shape.

Since the model was intended to be primarily
heat sink, it 18 constructed of copper with water
cooling only in critical lecations. The model
design allows up to 30 seconds of testing with
hydrogen burning. To conserve test times, the model
will be injected inte the test stream after the
tunnel has reached its eguilibrium comditien.

The scramjet model was flrst ronceived to
incorporate water cooling only at the various lead-
ing edges. However, thermal analyvsis of various
engine components indicated that the temperature
gradients in the combustor entrance region were
severe. These analyses consisted of calculating the
heating rates to all internal surfaces of the engine
using the integral boundary-layer technique of
Reference 1%, Next, computer thermal models of
various engine sections were constructed using the
method of Reference 2, which involves & 2-D tran-
zient finite-difference heat~transfer tschnique.

The surface tempevature distribution from this
analysis is shown for the uncooled scramjet sidewall
v the dashed line in Figuere 13. The thermal
gradients near the leading edge and In the combustor
entrance region are severe and estimated thermal
strains indicated that the yield point of the copper
was exceeded. Since the number of tests that the
uncooled model would survive could not be readily
estimated for the copper in the plastic strain
region, the decigion was made to incorporate water
cooling inte selected locations. This produced =
more linear calculated wall temperature distribution
for a 30-sec test as shown by the solid line in
Figure 13. For this mote linear temperature distri-
bution, thermal strains are greatly reduced, and the

copper model was built with coeling chanpels

located and sized in accordance with the thecretical
model that produced this improved temperature
distribution.

The 0.00076-meter (30-mil) diameter leading
edges of the engine sidewalls, cowl, and struts
were recognized as a eritical location requiring
witer cooling. Consequently, experimental research
and analysis of the leading-edge fabrication and
survival problem was undertaken and results are
reported in Reference 21. The configuration with
the copper tube brazed into the assembly, as shown
in Figure 13, survived a higher heating in a low
supersonic Mach number, combustilon-heated test [low
than the leading edges will encounter in the Scram-
jet Test Facility. The 0.00076-meter (30-mil)
leading-edge diameter is one-half the diameter of
the leading edges which were used on the flight-
welght regeneratively cocled, leading edges of the
Hypersonic Research Engine project,g so the leading
edges are scaled to a practical size of a flight-
welght structure.

Fuel Injection Struts

The fuel injection struts proved to be one of
the more difficult design problems on the subscale
scramjet model and will also be a challenging design
problem on a larger flight-weight engine. The mini-
mum size strut that can be built which retains the
desired aerodynamic, propulsion, and structural
features will determine the minimum size engine
required for meaningful tests of a flight-weight
engine.

The fuel injection struts for the subscale
scramjet model are constructed from OFHC copper and
contain both water cooling passages and hydrogen—
fuel manifolds. The hydrogen wanifold cross—
sectional areas are designed sc that the hydrogen
flow Mach number does not exceed 0.2 in order to
avoid excessive losses in hydrogen total pressure.

The struts are desigaed to inject hydrogen over
a fuel equivalence ratic range from 0.5 to 2.0. To
insure fuel choking at the injection orifices, qelq,
was chosen to be 0.6 at the lowest fuel equivalence
ratio of 0.5, This fixed the hydrogen~fuel manifold
pressures in a range from 3.843 to 15.374 atm
(56.5 to 226 psia) for the flow conditions in the
Scramjet Test Facility. Orifice spacing, and there~
fore the number of orifices along the struts was
calculated by using a value of 3.125 for the ratio
of orifice spacing to effective gap width, where
effective gap width is ome-half the distance between
struts and the spacing is determined in a plane
normal to the flow direction. The selection of the
3.125 value was based on experimental results and
this spacing should allow adequate fuel penetration
and lateral mixing. To determine the required fuel
mass Llow rate for each erifice, the alr passages
to be Iueled were assumed to be divided into equal
areas {except near the top surface and the cowl)
surrounding each orifice and rthe air wass flow rate
in each of these areas was computed using local mass
flow rate distributions from inlet tests.© Next,
the hydrogen temperature at each orifice was calcu-
lated and an orifice discharge coefficient was
assumed. Thus, with the hydrogen mass flow rate,
total temperature, total pressure, and orifice dis-
charge coefficient available for each orifice, the
geometric orifice diameters were calculated. The



average orifice digmeter was about .043 inch with
smalier orifices near the top surface and larger
ones near the cowl. In initial tests, however,
those orifices near the cowl will be undersized to
guard against thermal choking in this area of high
heating.

Instrumentation

Measurements to be made during a test incliude
drag or thrust, heat transfer, pressures, and wall
temperature at selected locations. Data recording
capability exists for 200 channels of model instru-
mentation in addition to another 49-channel magnetic
tape system for recording measurements of tunnel
parameters. The one—component force balance is
designed for a maximum load of 200 pounds. Measure~
ment of drag ovr thrust will be attempted at the same
time heat transfer and pressures are being measured
if the tare loads due to the many instrumentation
leads can be sufficiently minimized. If these tare
leoads are too large, then the other instrumentation
loads will be disconnected for the tests made with
the force balance.

The balance measures internal drag or thrust
since the external surfaces of the model are flat
and parallel to the drag axis. Consequently, with
the exception of a few beveled surfaces, pressures
acting on model exterior surfaces will not affect
drag and thrust measurements. On a flight vehicle,
engine modules will be adjacent to each other and
in order to simulate the adjacent engine {3~D
effects), the tunnel model was designed with an
exterior bevel at the leading edge of the sidewalls,
Figure 14. The exterior bevel is at the same angle
as the interior surface, 5.6°, and extends
0.1369 meter (5.39 in.) streamwise, Some pressures
on the beveled surface will be measured, but their
contribution to the drag, which is expected to be
measured at ¢ = 1, is only 4.3% =o forces on the
bevel can be readily calculated to sufficient
accuracy. Skin friction on the exterior model
suriaces can also be readily estimated with suffi-
cient accuracy. Af the $ = 1  test condition, skin
friction on the exterior surface is estimated to be
about 3.4% of the rotal drag.

Heat-transfer gages, pressure orifices, and
thermocouples are located throughout the interior
surface of the model, Figure l4. This instrumenta-
tion 1s generally arranged aleng lines parallel to
the cowl surface and along oblique lines parailel to
the sweptback sidewall leading edges. Heating rate
te the model surface will be measured using gardon-
type gages. These gages have a 0.000l-meter
(0.004~1in.) thick constantan foil and chromel wires
at the center and at the edge of the feil. The foil
portion is 0.0023 meter (0.090 in.} diam, mounted
cen a 0.0047~meter (0.1875 in.} o.d. copper tube so
that the foil is flush with the model surface. The
gages are calibrated under a radiant heat source and
the difference in temperature between the center and
the edge of the constantan foil is proportional teo
the heating rate, With this type of gage, there is
an uncertainty when measuring convective heating,
because of the aervodynamic effect of the local hot
spot in the center of the gage. This hot spot
effect is much more severe in laminar than in turbu-
lent flow. However, following the technique
described in Reference 22 to determine the size of
any correction for the local hot spot, the magnitude
of the correction ig estimated to be less than 5%.

On the engine inlet surfaces where the boundary
layer is laminar, surface temperatures are nct high,
thus the temperature difference between center and
edge of the gage is small, and in the combustor
region where there is a large temperature differ-
ence, the houndary laver is turbulent. Although

the technigue of Reference 22 predicts a rather
small effect for this particular gage design under
the heating conditions expected in the engine model,
this hot spot effect on heat—-transfer measurement
needs further experimental research. 1In any case,
this particular type of gage seems suited fo these
tests and will give a fast response (957 of gage
output in less than 1 sec). This feature permits a
relatively short test duratien or opens the possi-
hility of varying ¢ during a test.

Pressure orifices on the engine model are
0,00L65 meter (0.065 in.} diam and lag time is
estimated to be less than 6 seconds. PFPressure meas-—
urements are the critical parameter which determines
the required test duration. The cilrcular symbols
in ¥Figure 14 show locations on the medel where pres-—
sures are measured.

In addition to the temperature measurements
determined by the heat-transfer gages {temperatures
at the edge of the gage are one of the outputs of
the gage}, there are a number of rhermocouples dis-
tributed throughout the model as shown by the
diamond symbols in Figure 14. With the temperature
sensor coverage shown, a reasonably well defined
wall temperature history can be obtained for use in
monitoring for local hot spots and for interpreting
heat~transfer results.

Predicted Parformance

Estimates of the performance of the scramjet
model have been made in order to size the force
balance and to determine how well the engine is per—
forming during tests. A cycle analysis has been
performed for the three-dimensional scramjet engine
model using a computer program developaed for the
computation of the performance of hydrogen-fueled
supersonic combustion ramjet engines. The cycle
process and performance parameters are based on a
ong-dimensional fluid dynamic model and real-gas
equilibrium thermodynamic properties. A schematic
of the one-dimensional flow model and the control
volume used in the engine analysis are shown in
Figure 15. The change in engine flow parameters
through the engine are computed one~dimensionally.
The one-dimensional flow model includes the ability
te account individually and separvately for heat
removal {because of surface heat transfer) from the
flow entering the engine (forebody heat transfer)
and from the flow as it passes through the inlet,
combustor, and nozzle. The cne-dimensional flow
model also includes the effects on engine perform-
ance of boundary-layer losses to the flow entering
the iniet, of flow spillage through the bottom of
the inlet {additive drag), of injected fuel tempera-—
ture, and of plume drag. Through application of the
control volume concept to the control velume of
Figure 15 the internal thrust of the engine (relative
to the inlet entrance) can be expressed by the
following relation.

L 1 th = {Mom) - 7
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in the estimates of the perfcormance far the scramjet
model, the terms (Mom)yp, {(Mom)yp, and Byl piume
are nozzle exit flow momentum, Inlet capture flow
momentum, and plume drag all in a direction parallel
to the cowl. The last term of Equation (1} is the
approximation for the additive drag used in the
seramiet performance caleulations (subscripts refer
to Fig. 15), and this term iz a functien of the
amount of spillage.

estimates of the thrust of the scramjer
presented in Figures 15 include an esti-
the additive drag but do not include an

for the plume drag. Estimates indicate
that the plume drag reduces the thrust by as much as
1a¥ for $pueql = L0 and Ag/A7 of 3.5. Since the
wind-tunnel medel is not regeneratively cooled, the
heat leoss to the walls was approximated using the
method of Reference 19 and the thrust penalty due

to this predicted heat loss evaluated. From these
performance predictions and those of Reference 11,
the penalty te engine thrust imposed by the engine
flow heat loss not being added back into the fuel is
about 8%Z. The results of the performance calcula-
tions indicate there is a strong effect of fuel
equivalence ratio on thrust produced, Figure 15(a),
and a strong effect of increasing nozzle exit area,
Figure 153(b}. At & = 1.0, with the nozzle exit
area egqual to the cowl area and the nozzle exit flow
paraliel to the cowl (F = 0), the expected thrust of
the model is about %0 pounds. A technigue has been
devised for modifying the model to permit tests with
larger nozzle exit areas but these teasts will be
conducted later in the program.

The
model as
mate for
estimate

The nonuniformity of the tunnel flow ingested
by the model is illustrated in Figure 16 by the
theoretical and experimental Mach number distribu-
tions across the scramjet model capture height in
the tunnel nozzle exit plane. The Mach number
values shown by the circular symbols were determined
from ratios of pitot pressure measurements and meas—
ured wall static pressure. Agreement with the pre-
dicted stream profile is excellent even though this
ratic is not generally regarded as the best method
for obtaining Mach number. These pltot data are the
game as pregented in Figure 10 in the form of pitot
pressure to tunnel stagnation pressure ratios and
the results shown on Figure 10 indicate a siightly
higher Mach number than the data of Figure l6.
Figure 17 iundicates that the engine thrust is rela-—
tively insensitive to the average Mach number enter-
ing the inlet. The arrow on Figure 17, showing the
area-weighted average Mach number entering the scram-—
et inlet, is determined from the data on Figure 16.
The average Mach numbers for all three profiles
shown on Figure 16 (measured and predicted tunnel
rrofiles and the predicted flight vehicle profile)
ave almost identical and indicate that bhoundary-
tayer ingestion will have only 2 small effect on
thrust. These results are, of course, based only on
gross momentum censiderations and major effecis
could occur if shock-boundary-layer interactions
cause flow separation or seme form of improper burn—
ing in the combustor.

Research Capabilities

When accurately calibrated, the Langley Scram-
jet Test Facllity offers the potential for conduct—
ing research which can supply a hetter understanding
of hydrogen-burning scramjet internal flow, heat
transfer, and performance. The primary initial

research effort will be directed toward force, heat
transfer, and pressure measurements using the exist—
ing scramjet model. Interchangeable patts on the
model permit configuration changes without fabrica-
tion of an entire new model. For example, two
interchangeable sets of fuel injection struts have
already been constructed which will be tested in
the existing model, In addition, modifications to
these struts such as different fuel injection
orifice sizes are planned. Other plamned research
effort, utilizing this facility, includes flow
surveys inside the engine model and the eollsection
of gas samples for analysis of the composition of
the engine exhaust flow. This effert should lead
to move detailed knowledge of combustion efficiency
and engine internal flow phenomena.

The scramjet model is presently designed with
flat exteriovr surfaces parallel to the drag axis
and this limits the basic test configuration to the
case where the nozzle exit area is equal to the
geometric capture area. However, a technique has
been devised to permit testing with a nozzle exten-
sion which increases the engine nozzle exhaust area.
Figure 18 shows a cross-sectional view through the
engine and the planned nozzle extension to illus-
trate this test concept. The exterior walls of the
nozzle extension are alsoc paraliel to the engine
drag axis (making them insensitive to exterior flow
pressure forces) except for one forward-facing
surface. This forward-facing surface is pot in the
flow of the main stream, however, it is connected
to a one~component drag balance in order to deter-
mine the force on the plate due to eddy flows., The
drag or thrust measurement on the entire engine
model will be corrected for the force on the
forward-facing surface. Because of the poor quality
of the flow exterior to the engine, an extension of
the cowl and sidewalls might be required at least
part of the way toward the end of the nozzle exten—
sion. The techanique will permit demonstration of
significantly higher thrust (see Fig. 15{b)) and
allow research on nozzle flow problems.

The facility is specifically tailored to the
task of developing technology for an integratable
scramjet module and is particularly suitable for
this phase of the total effort. When the technology
is more firmly established, furture tests of larger
or full-scale engines, incorporating regeneratively
cooled flight-weight structures will have to be
conducted in larger facilities. Suitable facilities
of this type exist although they might reguire minor
medifications. This latter type of flight-weight,
complete engine testing, with fuel controls, and
other £light hardware should be undertaken hefore
actual flight tests of an engine.
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Figure 1. Airframe-integrated supersonic combustion

ramjet.
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